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NATIONAL ADVISORY COMMIT”“E FOR AFRONAUTICS

RESEARCH MEMORANDUM

EXPERTMENTAT. STUDY AND ANALYSIS OF LOADING AND PRESSURE
DISTRIBUTIONS ON DELTA WINGS DUE TO THICKNESS AND
TO ANGLE OF ATTACK AT SUPERSONIC SPEEDS
By William B. Boairight

SUMMARY

LY

The aerodynamic loading on delta wings at supersonic speeds was
studlied principally to determine the coupling and nonlinear interference
effects between the pressures due to sngle of zttack and due to thickness.
Pressure distributions on four delta wilings having leading-edge sweep angles
of 539, 60°, =nd 66.6° were meesured at Mach numbers of 1.62, 1.93, and
2.41. Three wings had NACA 658003 sections. The other wing had a flat
upper surface and a leading-edge sweep angle of 53°. At Mach numbers of
1.94 and 2.41, somre of the results for this wing simylate a wing of zero
thickness; the pressure distributions are compared with the pressure dis-
tributions of an NACA 65A003 section wing of the seme plan form. For
this comparison the pressure distributions of the NACA 65A003 section
wing had the experimental pressure distributions et 0° angle of attack
deducted. Appreciable nonlinear interference effects are shown to exist
such that {the pressure distributions caused by thickness and by angle of
attacx are not additive at test angles of aitack greater than 5°. These
effects are shown to exist for all the NACA 65A003 section wings at all
test Mach numbers, and in each case the experimental results are compared
with theory.

The pressure distributions due to wing thickness are shown for the
NACA 65A003 section wings at all test Mach numbers snd in some cases are
cormpared with theory. Also, quantitative information on span loadings of
delta wings is presented for a wider range of operating conditions than
presently exist.

The limited study of Reynolds number effects inelude variations in
Reynolds number produced both by incressed tunnel stagnetion pressure and
by the use of transition strips located near the wing leading edge.

Some resultis are presented of tests which were made with the wing of
zero thickness at angles of attack greaster then thet necessary to produce
leading-edge shock detachment. These tests were conducted with and with-
out a thin leading-edge extension (meintained at 0° angle of attack) in
en attempt to evaluate the upper and lower wing surface interactions in
the presence of a detached shock
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INTRODUCTION

Toading studies on delta wings at supersonic speeds have been the
subject of a number of experimental investigations, for example, refer-
ences 1 to 7. The reason for the predominance of delta-wing data 1s the
besic nature of the delta plen form. Not only is the theoreticzl treat-
ment simple, but also the pressure distributions due to angle of attack
of many other plan forms are resdlly determined, in whole or in parw,
from the pressure distribution due to angle of atteck of a basic delta
wing. Xvaluation of the experimental pressure distribution due to angle
of attack 1is complicated by the coupling effects that exist between the
pressure distribution due to thickness and that due to angle of attack.
Reference T shows that for a 5-percent-thick, sharp lesding-edge delte
wing &t Mach number 3.33 appreciable effects exist such that, even for
as small an angle of attack as 39, the pressure distributions due to
thickness and those due to angle of sttack are not additive.

In the investigztion of this report the coupling effects between
thickness and angle-of-atteck pressures are further explored for thinner
wings at several lower Mach numbers than the date of reference 7. TFour
wings were tested at Mach numbers of 1.62, 1.94, and 2.41. Three of the
ringe had NACA 65A003 sections and lesding-edge sweep angles of 53°, 60°,
and 66.6°. The other wing was a semiflat plate (designated herein as s
zero-thickness wing} such that st Mach numbers for which its leading edge
was supersonic (attached shock) the results for the flat surface corre-
sponded to results for a wing of zero thickness. Tests were also con-
ducted for this zero-thickness wing with and wlthout a thin, sharp
lesding-edge extension (which was maintained at 0° angle of attack) in
an attempt to eveluate the upper- and lower-surface intersctions,
("bleed-around" effects) in the presence of a detached shock.

The span loadings and laiteral center of pressures are presented in
order to supplement the availeble information of thils type and to fur-
nisk guantitative date for a wider range of operating conditions than
presently exist. The values of the ratios of semizpex sngles to Mach
engles covered by the tests of this report vary from about 0.55 to 1.65.

Pressure distributions due to thickness are shown and, in some cases,
are compared with the predictions of a recent theoretical technique pre-
sented in reference 8.

The Reynolds number effects were assessed both by some additional
tests at an increased stagnation pressure and by some tests with rough-
ness strips near the leading edge of the wing.
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SYMBOLS

aspect ratio

semigspsn (measured from root chord to tip of delta wing as if
tip end trailing edge were not cut off)

local semispan

locel chord

root chord (with trailing edge not cut off)
section normal-force coefficient, v/;l 2 - Do

- dx
q <

normel-force coefficient, N/qS

pressure coefficient, EL{%J%&

Mach number

normal force

local static pressure

free-stream static pressure

free-stream dynamic pressure, O.TpmM?

Reynolds number (based on mean zerodynamic chord of 5.00 inches)
wing area

wing thickness

longitudinal distance along wing chord (measured from apex)
longitudinal distance along wing chord (measured from leading edge)
distence 2long span normal to the root chord

angle of attack

M - 1
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€ wing semiapex angle
A wing leading-edge sweep angle
w angle between wing root chord and a conical.ray from the apex

APPARATUS

Tunnel

All tests were conducted in the Lengley 9-inch supersonic tunnel
which is a continuously operating closed-circuit type in which the stag-
nation pressure and temperature, and the humidity of the tunnel alr msy
be controlled. The different test Mach numbers are obtained by inter-
changeable rozzles which form a test section gbout 9 inches square.

Models

The sexlspen models were mounted from a boundary-leyer bypass plate
as shown in the photograph of figure 1. The bypass plate was rigldly
attached to a plug which was mounted in a hole in the tummel walls in
which the schlierer windows are usually located. The window plug, by-
pass plate, and the various wings which were tested are shown in the
photograph of figure 2. The steel wings had grooves cut on their sur-
faces into which the tubing leading to the orifices was inlaid. After
installatior of the tubing, a clear plastic was used to fill the grooves
and to make the wing surface flush. Consquently, although the photo-
graphs show what szppears to be a rough surfece with many grooves, esch
wing surface was actually smooth.

Figure 3 shows a dimensional sketch of the various wing models and
the location of the transition strips which were used for some of the
tests. The orifice locations are glven inr table I. Because the wings
were designed with constant t/c, they were very thin at the tips. In
order to alleviste the loading on the thin portions of the wing, the
tios and the trailing edges were cut off as shown in figure 3 such that
for inviscid flow the pressure readings of sny of the orifices would
not be affected. Figure 4 shows a sketch of the semiflat wing (wing 1)
with the lesding-edge extension attached. A different, prebent extension
was attached to the wing for each test angle of attack. The Juncture of
the wing leading edge and the bend line was failred such that e contin-
uous, distinet corner was present szlong this juncture on the flat side
of the wing. Some schlieren photographs made in the Lengley 9-inch
supersonic tumnel (not shown herein) at a Mach number 1.94 of a simllar
wing plan form indicated that the lesding-edge extension shown in
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Tigure 4 extended far enough forward of the leading edge to assure that
the leading-edge extension was effective in preventing "bleed-around”
effects at all test angles of attack.

TESTS

Most of the tests were conducted with smooth models at a Reynolds

nuriber of about 2.3 X 106. Simulation of a higher Reynolds number wes
attenpted in additional tests by using transition strips neesr the leading
edge iIn order to make the boundary layer turbulent rearward of the strip.
The thickness of each strip was about 0.006 inch. The tests using tran-
sition strips were conducted for a limited nuwber of angles of attack
(-20°, -10°9, 0°, 10°, and 20°) for all tést Mzch numbers. At = Mach num-
ber of 2.41, some tests were also conducted at a Reynolds number of gbout

k.65 x 106. This higher Reynolds nunmber was produced by an increased
stagnation pressure.

For most of the tests, the angles of attack were nominally 0°, 5°,
10°, 159, and 20°. However, with the larger wings at the lower Mach
numbers the angle-of-zttack range was limited becsuse of the tunnel
choking.

The tests with the zero-thickness wing were supplemented at angles
of zttack beyond shock detechment by tests with and without a thin, sharp
leeding-edge extension (0.020 inch thick). The purpose of these tests
was to evaluate Interference effects between the upper and lower wing
surfaces when the leading-edge shock was detzched.

PROCEDURES AND PRECISION

All pressures were indicated on a multiple tube, mercury msnometer.
The menometer reasdings were photographed and the data were mechanically
reduced. to pressure-coefiicient form.

Since the wings were instrumented on only one surface, the data
corresponding to the high-pressure side were cbtained by testing the
wing at negative angles of attack, and the data corresponding to the
low-pressure side were cobteined by testing at positive angles of
attack.

The angles of sttack were measured using a clinometer on a reference,

flattened surface of the wing mount, which extended ocutside the tunnel.
The initial alinement of the wing, referenced to free-stream direction,
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was measured with a cathetometer. The azccuracy of this latter operation
resulted in a probable error of +0.1° in angle of attack. However, the
errors in the angle-of-attack settings with respect to each other for
any one test were probably #0.05°. TFor the tests at different Reynolds
numbers, 1t wes not necessary to reference the model again with respect
to the free-stream direction; however, for the tests with roughness
strips near the wing leading edge, this operation was necessary.

The maximum inaccuracy in the pressure-coefficient data, due {0 a
constant error in reading the manometer, ocecurred for the tests at the

lowest Reynolds number (R = 2.3 X 106) and the accuracies to be gquoted
are based on these tests. Tnese accuracies were essentially the same
at 211 Mach numbers since the dynamlc pressures were (for the purpose
of accuracy estimates) essentially the seme. This condition was a by-
product of controlling the stegnetion pressure so that the tests were
conducted at constant Reynolds nurber Ffor all test Mach numbers. Because
the menometer was photogrsphed and the data reduced mechaniecally, the
accuracy was less than that obtained by direct mznual recording which is
estimaeted to be +0.003. A check of typical pressure-coefficient data
obtained both directly and mechenically assessed the accursaecy of the
mechenically reduced pressure-coefficient data to be #0.005 for approx-
imetely 80 percent of the data and not ever exceeding +0.0L.

No corrections were spplied to the pressure-coefficient data for
the local +0.01 Mach nurber variation that is known to occur throughout
the region of the test section occupied by the wing. This variation
in free-stream Mach numbers could produce an error in the pressure coef-
ficient of +0.004 at M = 2.41, and #0.008 at M = 1.62.

RESULTS AND DISCUSSION

Span Loadings and Lift Coefficients

Figures 5, 6, T, end 8 present the span load distributions for the
four wings which were tested in this investigation. All data points
were obtazined by mechanically integrating the chordwise pressure distri-
putions. The experimental loading is compered with the loading pre-
dicted by linear theory at some of the test angles of attack,

The well-known fsct that the span loading on delts wings approaches
a more triangular distribution as the angle of attack increases 1s appar-
ent for =211 the test configurstions. The primery purpose of this pres-
encation of loading deta is to supplement existing information so that —
accurate guantitative estimates of span load distributions will be pos-
sible for a wider range of values of B ten € and « than presently
exist.

”J’



NACA RM L56I1h sl 7

Figure 9 presents the lateral center-of-pressure data for the verl-
ous test configurations. The figures are arranged in order of increasing

values of B ten €. ZFEeach vertical line at a value of %/%- of 0.33 repre-

sents the center-of-pressure locetion which would result if the loading
were triangular. If the loading were elliptical, the center of pressure

would be at a value of q/%- of 0.423. This location is denocted by

another vertical line.

It is interesting to note that at 20° angle of attack the lateral
centers of pressure for all test configurations are very close to the

same value of ¥/2-= 0.35. At lower angles of attack, the variations in

the lateral center-of-pressure locations are much greater. As would be
expected, the subsonic leading-edge wings at the lower angles of attack
have a center of pressure gpproaching thet for an ellipticel locading and
the supersonic leading-edge wings have centers of pressure &t lower angles
of attack that correspond to loadings that are between elliptical and
triangular.

Figure 10 shows the normal-force-coefficient curves for the various
wings at the various test Mach numbers. The results were obtalned by
mechanically integrating the span-lozd curves. The results are compared
with the 1lift curves predicted by linear theory. In all cases the theory
slightly overpredicts the slope except for the wing with the lowest
aspect ratio (wing 4) at Mach number 1.62. TFor this configuration the
better agreement between theory and experiment is undoubtedly associated
with the increase in 1ift produced by the leading-edge vortex which forms
on the low-pressure side of s wing with a highly sweptback leading edge
when flying at low supersonic Mach numbers. (See refs. 9 and 10.)

It is interesting to note that the normal-force-coefficient curve
for the zero-thickness wing (wing 1) has a slightly greater slope than
the curve for the NACA 65A003 section wing of the seme plen form (wing 2)
and more closely approximstes the prediction of linear theory. This is
true except at Mach number 2.41 where there is essentially no difference
between the normal-force curves for the two wings below en angle of attack
of about 15°.

Pressure Distributions Due to Thickness

The pressure-distribution measurements with the various wings at
o° angle of attack are presented in figures 11, 12, and 13. Figure 11
presents the results for wings 1 and 2. Both of these wings had the
same plan form (A = 53°) but wing 1 had a semiflat section and wing 2
had an NACA 65A003 section. Wing 1, at Mach numbers 1.94 and 2.41,




8 Y NACA RM L56I1h

should have indiceted zero pressure coefficient over its entire surface

sinee at these two Mach numbers the leading edge was supersonic, and in

the absence of viscosity the data should correspond to a zero-thilckness

wing at 0° angle of attack. At & Mach number of 1.62, the leading edge

of wing 1 was only slightly subsonic (B tan € = 0.960), and for the thin
section that was used the leading-edge flow deflection angle was proba-

bly sufficiently small that the effects from the cambered surface of the
wing did not appreciably affect the pressures on the flat surfaece which

was Instrumented.

The data for the zero-~thickness wing indicete essentially zero pres-
sure coefficient at all test Mach numbers except for two possibly erro-
neous test points which eare shown in figure 11(e) for locations near the
leading edge and neer the tip. The generally small departures from zero-
pressure coefficient for wing 1 are probably due to the +0.01 free-stream
Mach number variation and to the fact that the wing surface was not abso-
lutely flat. Because of the difficulty of machining this flet wing with
such a thin section, the surfece, instead of being absolutely flat, had
about 0.010-inch concavity between the leading and trailing edge near
the root chord.

The data in figure 11 pertaining to the NACA 65A003 section wing is
denoted by the squere symbole. A consistent and expected thickness
effect is shown with positive pressures nesr the leading edge and nega-
tive pressures near the trailing edge. This similer trend in the data
for 21l the wings at sll test Mach numbers 1s evident in figures 11, 12,
and 13. Also, there sppeers to be a genersl increase 1ln the pressure
level for tke pressures due to thickness with increasing Mach nurber.

Figure 12 presents the thickness pressure distribution for
wing 3 {A = 60°) and figure 13 presents the thickness pressure distri-
bution for wing 4 (A = 66.6°). The pressure distributions are compared
with lineer tkeory in figures 13(a) and 13(b). The theoretical tech-
nigue presented in reference 8 was used to compute the theoretical curves
for tre subsonic leading-edge configurstions. This technique permits
the calculation of the pressure at a given point for any arbitrary dis-
tribution of slopes of the wing surfece in the Mach forecone ahead of
the point. The method is semigraphicel, but the formuwlas involved are
simple. A more detsiled description of the method can be found in ref-
erence 8, dbut the mwethod will be summarized here to give the reader, who
is unfarilisr with the method, an understarding of the epproximations
involved in the tleoretical calculations.

Tigure 1L shows a typical grarhical layout thet is necessary for
the corputation of the pressure at poirt P. Since the wings of the tests
of this report had a constant t/c ratio et all spesnwise stations, the
surface slopes were conical with respect to the tip and lines of constent
slope emanating from the tip were drawn. The Mach forecone from P was
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divided into an srbitrary number of equal parallelograms (depending on
the degree of accuracy needed in the calculations). The wing surface
slope was assumed constant in each parsllelogram and with a value which
was equal to the surface slope at the center of each pasrallelogram. This
slope was resdily determined from the grsphical layout such as figure 1h.
A simple formula determined the effect of each parallelogram on the pres-
sure at point P, and the resuliing pressure at P consisted of the sum
of the effects of ezch parallelogram. It was only necessary to consider
the summation of the parallelograms in region ABCP since the effects

of triangles ABD and CBE were cancelled by the effects of the flow
distortion between the leading edge and the Mach cone emenating from the
wing apex. (See ref. 11.) The effects of the region DBEF on point P
were cormputed in some cases but were found to be negligible for those
cases.

For the configurations with subsonic leading edges for which the
theory was computed, figures 13%(zs) and 13(b), the agreement between
theory and experiment is good except for the fact that theory predicts
a higher positive pressure near the leading edge for the outboard wing
sections than actually exist. Since the publication of reference 8, a
similer method has been presented in reference 12 for calculating the
thickness pressure distributions for delta wings with supersonic leading
edges. However, theoretical calculations of the thickness pressure dis-
tributions were not undertaken except for the two configuretioms with
subsonic leading edges which are shown for wing L in figures 13(a) and
13(p). Calculations for the other configurations were not expected %o
be pserticularly informative beczuse of the smallness of the pressure
gredients involved for the thin wings of this Investigstion and because
the experimental pressure distributions due to thickness were similar
for 211 the wings, whether the leading edge was subsonic or supersonic

It should be mentioned that reference 13 presents a2 method based
on shock-expansion theory for computing pressures in the reglon shead of
the Mach cone from the zpex of a delta wing with a sharp supersonic
leading edge. This method is apvlicable to any wing of this type with
single-curved surfzces, but because of the round leading edges and the
low Msch number range of the configurations tested in this report theo-
retical calculations of thickness pressure distributions using thils
method were not attempted.

Pressure Distributions Due to Angle of Attack and
Interference Pressures Produced by Thickness
The study of pressure distributions on wings of generally used

sections is complicated by distinguishing the contributions to the pres-
sures thet are due to thickness from the contributions that are due to
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engle of attack. ILinear theory assumes that the two types of pressures
may be superposed; however, in reference 7 it is shown that even for 3°©
angle of atteck et a Mach number of 3.3, there are important effects due
to nonlinearities and the interference of the thlckness pressures on the
angle-of-attack pressures., In order to better describe the mechenism
for the coupling of these two types of pressure distributions, consider
the analogy of & two-dimensional, double-wedge section wing at angle of
attack. The surface slope 1s the algebraic sum of the angle of attack
and the local surface slope due to thickness &. Busemann's second-
order theory gives the following expression for the pressure coefficient:

Cp = C1(a + &) + Cola + 8)2

or
Cp = Cja + C16 + Cp{a? + 205 + 57)

where Cl and 02 are constants which are functions only of the Mach

number. The well~known fact that nonlinearities of the type calculable
by second-order theory cannot be superposed is obvious, since the cross-
product term prohibits the addition of thickness and angle-of-attack

effects., Inspection of this equation shows that it is possible for the

thickness contribution to be small such thet the term &% is negligible,
but that at sufficlently large angles of sttack 2 small thickness might
affeet the nonlinearity of the pressure if the term 208 is significant.
Furthermore, from this two-dimensional analogy it can be reasoned that
the nonlinearities will be greater with increasing Mach number since Cop

increeses with Mach number,

The test program used in this investigetion for the study of the
coupling effectas between thickness and angle of attack congisted of tests
with e wing which in inviseild flow simulates a zero-thickness wing at
angles of attack below shock detachment and tests with NACA 65A003 section
wings. One of the latter wings was of the same pilan form as the zero-
thickness wing and permitted direct comparison to determine second-order
thickness effects on the angle-of-attack pressure distributions. The
semiflat wing (wing 1) simulates a zero-thickness wing at Mach nunbers
for which its leading edge is supersonic (1.94% and 2.41) and at angles
of attack below shock detachment, and the data for these conditions
correspond to the assumptions of usual theoretical cealculations. At
angles of attack sbove shock detachment, an attempt was made to evaluate
the upper- and lower-surface interactions in the presence of a leading~
edge detached shock by testing with and without & thin leading-edge
extension which was maintained at C° angle of attack independent of the
wing angle of attack.
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Zero-thickness wing snd comparison with theory.- Figures 15, 16,
and 17 present the pressure measurements as a function of conical ray
from the wing apex for the zero-thickness wing (wing 1) at three Mach
numbers. The pressure-coefficient parameter is the value of the pressure
coefficient at O° angle of attack subtracted from the value at each par-
ticular test angle of attack and mulitiplied by [B. -The pressure-
coefficient peremeter is plotted asgainst tan m/tan €. Plotted in this
manner the dsta should define a single curve if the pressures are con-
stent along conical rays from the wing apex. Although the data define
a single curve reasonsbly well for angles of attack of 10° or less,
generzlly, there is poor agreement between experiment and linesr theory.
(There is better agreement between theory and experiment at low angles
of attack and lower Mach numbers, as might be expected.) This lack of
ebility of linear theory to predict actual pressures is well known but
possibly underemphasized since attention 1s ususlly directed to how well
it predicts lifting pressures.

Reference 14 presents an exact theory for computation of pressures
on delta wings and points out lezrge differences between the pressures
computed by exact end linear theories. Reference 1l was not used %o
calculate some exact pressure distributions for the zero-thickness wing
of this investigetion because the celculations are laborious and because
it was evident that, although the agreement between theory and experiment
would bte improved, the exact theory would still not predict the pressures
very well. This Iatter reason was zpparent because the exact theory of
reference 1l uses shock-expansion theory for predicting the pressures in
the region of the wing ahead of the Mach lines from the apex and predicts
a. constant pressure in this reglon for a zero-thickness wing. The exper-
imental pressures were not constent in this region even for the zero-
thickness wing of this investigation. Figure 17(b) shows the experimen-
tal pressures compared both with linear theory end shock-expansion theory
for the outboesrd part of the wing end illustraies the poor agreement
between theory and experiment for this Mach number at 10° angle of attack.
Shock-expension theory is sometimes used at higher Mach nunmbers to
approximate the pressure over the entire wing surface by treating the
wing section as if it were two dimensionzl. When used In this menner
shock-expansion theory would predict e constant pressure over the entire
surface for the zero-thickness wing (wing 1). Tt cen be seen in fig-
ure 17(b), where the prediction of shock-~expension theory is shown for
Just the region of the wing ashead of the Mach lines from the apex, that
for the Mach number range of thils investigation the experimental pressures
ere not even constant in this region and that the assumption of comnstant
pressure over the entire surfzce would he even more erroneous. If the
assumption is made that the reason the pressures on the outhoard part of
this wing are not constant is due to viscous effects, it is interesting
1o note that these effects do not seriously disrupt the conicel nature
of the flow for this zero-thickness wing at angles of attack of 10° or
less.

CONNE—
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The dats shown in figures 15, 16, and 17 for the zero-thickness
wing at higher sngles of attack than 10° show some deperture from con-
ical flow. Since it will be shown subsequently that the interference
pressures produced by thickness cause similar departures from conical
flow and to a greater extent than is shown in figures 15, 16, and 17 at
higher angles of attack than lO°, it appears possible that the boundery
layer on the wing might be causing the zero-thickness wing to have some
effective thicxmness. This thickness effect for the resulting wing might
then be the cause for the depsrtures from conlecal flow which occur for
high angles of attack.

Some of the dats for the zero-thickness wing with and without the
leading-edge extension is shown in figures 18 to 21. These date are
vlotted in the same menner as the preceding figures In order to illus-
trate the conical nature of the flow. The data for =bout 11° angle of
attack or less define a single curve reasonsbly well, both with and
without the leading-edge extension. This indicates that the flow is
reasonably conical. If the corresponding angles of attack in figures 18
end 19 and in figures 20 and 21 are compared, it can be seen that there
is very little difference in the data with or without the leading-edge
extension, although to a slight extent the flow for the wing with the
extension is less conical than the flow for the wing without the exten-
sion. This fact might be due to mechanicel imperfections in the
extension.

Some of the angles of attack for which date are presented are not
necessarily high enough to vroduce a detached shock. Because one sur-
fece of the wing was flet and the other surface was a thin wedge (3 per-
cent thick), the angle of attack st which the shock detached was differ-
ent at positive engles of attack from that at negative angles of attack.
At ¥ach nurher 1.94, the shock from the wedge side of the wing would te
detached even with the wing at O° angle of attack. When obtaeining date
for the high-pressure side (that is, with the wing at =z negative angle
of attack), theoretically the shock would detach st en angle of attack
of -5.39, At a Mach rumber of 2.h41, the shock detaches at -17.7° and
+3.0° angle of attack.

Figures 22 and 23, vhere pressure coefficient is plotted against
chord location, also show some typlcal results with and without the
leeding-edge extension. In both figures there is a tendency for the
pressures on the high-pressure side of the wihg to be more positive with
the extension than without. This effect was usually more predominant
near the leading edge and was in the expected direction since it can be
reasoned thet the extension would suppress the pressure-relieving effect
of the leading edge with a detached shock. However, this effect was
not pronounced at sll angles of attack and spanwise stations, and in
many of these ceses the effect of the extension was negligible for that
portion of the wing surface which was instrumented.

SRR,
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For the low-pressure side of the wing, the effect of the extension
was, in generel, opposite to whet might have been expected if the same
reasoning had bheen used as for the high-pressure side. Instead of the
pressures being more negative with the extension, they were less nega-
tive near the leading edge in slmost every cese. Usually, this effect
was sufficiently small that it might be considered negligible within
the sccuracy of the data; however, the data for a = 9.3° and a = 11.3°

et y/% = 0.55 inch (fig. 22) show an effect that is definitely greater

than the accuracy of the data. A similar effect was noticed for other
outboard stations =t this Mach nunmber. A possible explanation for this
type of effect is that the boundary layer on the upper surfsce prevented
the full theoretical expansion of the flow. It would be expected that
this effect might become important on the low-pressure side of the wing
where the boundery layer is relstively thick and not be important on the
high~pressure side with its thin boundary layer. The possibility also
exists that, although the leading-edge extension was carefully set at

0% angle of attack, possibly the deflection of the wing under load czused
a warping of the thin lezding-edge extension at these higher angles of
attack. In any case, compared with the discrepancy between experiment
and linear theory, which is shown for higher angles of attack 1n figures
22 and 23, the effects of the leading-edge extension were small. TFor
predicting the pressure distribution, the theory does not agree with the
experimental results either with or without the leading-edge extension.

NACA 65A003 section wings.- Figures 24 to 32 present the pressure
data in the same manner as figures 15, 16, and 17 except that figures 24
to 32 apply to the NACA 65A003 section wings instead of the zero-
thickness wing. This presentation is similar to that of reference T and
extends the studies of reference T to thinrer wings at lower Mach numbers.
Since the values of the pressure coefficiernts a2t O° angle of attack are
subtrzcted from the values at each particular test angle of attack, the
thickness pressure distribution for these figures is supposedly not pres-
ent and the pressure distributions are due solely to engle of attack, if
thickness and angle of attack eifects are purely additive. However,
figures 2L to 32 show that the thickness and angle-of-atteck effects are
not purely sdditive even for the thin, 3-percent-thick wings of this
investigation, since the data indicate that the flow on the wing is not
conical for test esngles of sttack greater than 5°. Instead of a single
curve, the data indicete a regular =nd consistent departure from coni-
cal flow for these configurations. Since the data do define a single
curve rezsonebly well at 5° angle of attack, the effects of thickness
are not so strong es those presented in reference 7. Reference T showed
apprecisble departures from conical flow at 3° angle of attack for a
sharp leading-edge, 5-percent-thick, delta wing st a Mach number of 3.33.

If the data of figures 24, 25, and 26 are compared with the data of
figures 15, 16, and 17, it is apparent that the departures from conical

SO
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flow at test angles of attack greater than 5° are more pronounced for
wing 2 (the NACA 65A003% section wing) than for wing 1 (the zero-thickness
wing) at corresponding angles of attack. This comparison 1s a direct
indication of the second-order effects of even the smzll amount of thick-
ness of a 3-percent-thick wing on the pressure distributions.

The departure from conical flow in figures 27 to 32 are similar to
the departures shown in figures 24, 25, and 26 and indicate that the
effects of Mach number and aspect ratioc on these nonlinear, second-order
thickness effects are secondary. In thls connection, it will be remem-
pered that the thickness pressure distributions were simller for wings 2,
3, and 4. (See figs. 11, 12, and 13.) It is also epparent in fig-
ures 24 to 32 that the departures from conical flow due to the second-
order thickness effects are greater than the direct effects of thickness
on the pressure distributions.

Since it was shown that linear theory did not predict the pressure
distributions adequately even for a zero-thickness wing at angles of
attack of 10° and above, the fact that there is poor agreement between
theory and experiment for these wings with thickness 1s as expected.

Pressure contours.- Since figures 24 to 32 show consistient departures
from conicel flow due to second-order thickness effects, some typicsl
pressure contours are presented in figures 33 to L3 to permit better
visualizetion of these effects. The contours were constructed by
linearly interpolating between the pressure readings of each longltudinal
row of orifices to determine the location of each contour at each spen-
wise station. These locations were then Jjolned by straight lines.
Figures 33, 3k, and 35 show pressure contours for wing 1 with and without
the leading-edge extension. The remaining figures are for the wings with
NACA 65A003 sections. In each case, the pressures at O° angle of attack
were subtracted from the pressures at each particular test angle of
attack. Tkhe contours with and without the leading-edge extension were,
in general, very similar (figs. 33, 34, and 35) at corresponding angles
of attack. t should be pointed out that, for wings on which a shallow
pressure gradient exists over a large region, veriations in the patterns
of the individual contours in this region cen be greatly changed by smell
inaccurscies or insignificant locel-pressure fluctuations. For this
reason, too much significance should not be attached to the locations of
individual contours in regions where the contour spacing is large, but
attention stkould be confined to the overall general effectgs shown by the

cantours.

Filgures 36 to L3 show that the general effect of the thickness cou-
pling on the angle-of-attack pressure contours is to cause deviations
from stralght conical contours to curved contours which are convex with
respect to the wing leading edge. Viscous effects such as separstion
near the wing tralling edge could also cause this same type of curvature
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end is belleved to account for part of the deviations from conical flow
which were experienced for wing 1 at high angles of attack.

The pressure contours of figures 33 to 43 illustrate graphically the
steeper pressure gradients that occur on wings of lower aspect ratios at

lower Mach numbers than occur on wings of higher aspect ratios at higher
Mach numbers.

Reynolds Number Effects

Although the study of Reynolds number effects was not one of the
primary objectives of this investigation, some data to help evaluste
Reynolds number effects were obtained. Typical dats showing Reynolds
nurber effects are shown in figure Lk and 45. Figure 4hi(a) shows =a
chordwise pressure distribution for the wing of lowest aspect ratio at
the lowest Mach number. Figure Li(b) shows a spanwise pressure distri-
bution for the same configuration. Figure 45 represents corresponding
date for the wing of highest aspect ratioc at the highest Mach number.
No pronounced Reynolds number effects are apparent in the data. For
many of the pressure distributions of other configurations which are
not shown, there were small Reynolds number effects on the low-pressure
side of the wing of the same order of magnitude as shown in figure 45(a).
This low-pressure side of the wing consistently showed the greatest
scatter in the curves; however, the effect is so smell that it is ques-
tioneble whether it is real or due to the ineccuracy of the data.

Since references 2 and 3 showed more pronounced effects of Reynolds
number on the pressure distributions of a 68.4° sweptback delta wing, it
is not correct to generalize that Reynolds number effects are always
negligible for delta wings. The wing used in the investigstion of refer~
ences 2 and 3 had a different section (NACA 00-series) and had a thick-
ness retio varying from 4 percent at the root to 6 percent at the tip.
Also, the investigation of Reynolds number effects was the primery objec-
tive in references 2 and 3 and smaller sngle-of-attack inerements were
chosen in order to obtain a better history of separation phenomens
throughout the engle-of-attack range. Reference 1l also presents some
test resulis for delta wings with higher aspect ratios than the wing
which was tested in references 2 and 3 and shows no pronounced Reynolds
number effects. There is, therefore, some indication that Reynolds num-
ber effects are assocleted with wings of low aspect ratio if they are
sufficiently thick.
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CONCLUSIONS

Pressure distribution and loading studies on delta wings with zero
thickness and with NACA 658003 sections at test Mech numbers of 1.62,
1.94, and 2.41 have obtazined the following results and indicated the
following conclusions:

1. The well-~-known tendency for the lozding on delta wings to become
more trisngular with increasing sngle of attack is shown quantitatively
for e wider range of operating conditions than the range for which data
currently exist.

2. The location of the lateral centers of pressure for all the wings
of this investigation at =211 test Mach numbers were essentially the same
at 20° angle of attack. This center-of-pressure locatlon was at 35 per-
cent of the semispan. At lower angles of esttack, there were greater
variations in the lateral center-of-pressure locatlons and these loca-~
tions were shown quantitatively.

3. Tests with a wing of zero thickness disclosed that at angles of
attack of 10° or less the flow was conleasl at all test Mech numbers, and
only smsll departures from conical flow were present at higher angles of
attack.

L, The wing of zero thickness was tested at angles of attack greater
than those necessary to produce lezsding-edge shock detachment, with and
without the thin leading-edge extension, in order to evaluate pressure-
distribution phenomens associated with lezding-edge shock detachment.

For the most part, the leading-edge extension had little effect on the
pressure distributions.

5. Although conical flow existed on the wing of zero thickness et
10° angle of attack, linear theory was shown to be inadeguate for pre-
dlcting the sctual pressures on the wing surfece at this or higher angles
of ettack. Contrary to the prediction of shock-expansion theory the
experimental pressures were not constant in the region ahesd of Mach
lines from apex.

6. Even for the thin NACA 65A003 section wings of this investigation,
epprecieble nonlinear interference effects were shown to exist between
the angle of ettack and the thickness pressure distributions =t test
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engles of attack greater than 5°. These effects caused regular and
consistent departures from conical flow in the pressure distributions.

Langley Aeronautical Iaboratory,
National Advisory Committee for Aeronautics,
langley Field, Va., August 29, 1956.
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1-92734
Figure l.- Photograph of wing model and bypass plate mounted in tunnel.
(Top half of tunnel nozzle removed.)
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-92573
plate.

L

Figure 2.- Photograph of various wings tested and bypass
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Figure 26.- Pressure distributions as a function of conical ray from
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Figure 27.- Pressure distributions as a function of conical ray from
wing apex. Wing 3 at M = 1.62.
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wing spex. Wing 3 at M = 1.94%,
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Figure kl.- Pressure contours for wing 4 at M = 1.62.
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